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EXPERIMENTAL AND ANALYTICAL STUDY OF AN INLET FOREBODY
FOR AN AIRFRAME-INTEGRATED SCRAMJET CONCEPT
By Earl H. Andrews, Jr., Anthony M. Agnone,*
and S. Z. Pinckney
Langley Research Center
SUMMARY
A preliminary analytical and experimental investigation has been conducted for a
vehicle inlet forebody that was designed to have elliptical cross sections downstream of
an initial sharp-nosed right circular cone. This concept resulted in the isentropic por-
tion of the compression being performed in a swept manner. The investigations were
conducted at Mach 6.0 and 8.5.
Inviscid flow-field analytical results were obtained by two different methods; one
used a method of near characteristics and the other used a finite-difference solution to
the unified supersonic/hypersonic small-disturbance equations. Longitudinal pressure
distributions were well predicted by both methods. An integrodifferential boundary-
layer method predicted no-trip boundary-layer thickness parameters within 10 to 20 per-
cent. Effects of boundary-layer cross flow from the major-axis plane to the minor-axis
plane because of the body contour were noted for 00 angle of attack. At 50 angle of
attack with the windward side in the minor-axis plane, the results were too inconclusive
to ascertain a boundary-layer cross-flow trend. The results of this investigation indi-
cated that the original location of the inlet cowl should be reconsidered.
INTRODUCTION
Most studies in the literature on hypersonic air-breathing cruise or accelerating
vehicles assume that the propulsion system and airframe are highly integrated in order
to provide the maximum potential performance. A research program directed at the
development of concepts for supersonic combustion ramjets (scramjets) is in progress
at NASA Langley Research Center. The goal of this program is to develop technology
required to design such airframe-integrated propulsion systems. This hypersonic pro-
pulsion program has been discussed in several papers (refs. 1 to 5).
*Senior Research Scientist, New York University Aerospace Laboratory.
One segment of the Langley propulsion program is a cooperative effort between
NASA and the New York University School of Engineering and Science under a grant
directed by Dr. A. Ferri (NASA Grant NGR 33-016-131). References 6 to 18 report on
part of the work accomplished under the grant. The major portion of this cooperative
effort is directed at research on a concept for an integrated thermal compression scram-
jet. The concept employs the vehicle forebody for inlet external compression. A coni-
cal nose forms the initial portion of the forebody followed by isentropic compression
surfaces that form forebody elliptical cross sections. A forebody so designed results in
the compression surface terminating in a swept plane; this allows the inlet cowl lead-
ing edge to be swept in a circumferential direction. Swept cowl leading edges provide a
capability for spilling flow during the inlet starting process and are advantageous in alle-
viating the high heating rates of sharp leading edges.
The flow field for such highly integrated configurations must be determined as
accurately as possible since the magnitude and direction of the propulsion forces (ram,
spillage, gross thurst, etc.) can significantly influence the trim requirements of the com-
plete vehicle configuration. Wind-tunnel sizes are limited and flight Reynolds number
simulation is not possible; therefore, theoretical predictions must be relied upon more
heavily in these configurations than in conventional vehicles. The basic analytical pre-
diction method used by the New York University team for their design is described in
reference 7. The method was not exact in that it assumed irrotational flow; therefore,
verification of some of the expected differences between the predicted and the experi-
mental results, especially at angles of attack, was a primary goal of this study.
The present investigation was initiated to specifically measure the conditions of the
inviscid flow field developed by the forebody, including flow profiles in the vicinity of the
cowl leading-edge station, and the three-dimensional boundary-layer effects. The design
concept generates cross flows in the boundary layer to drive the low momentum fluid in
the viscous layer into regions of low pressure gradients to prevent boundary-layer sepa-
ration; an evaluation of the magnitude of these effects was desired, including the effect of
angle of attack.
In order to study these various effects and to obtain experimental data for compar-
ison with the analytical method employed, an inlet forebody model was fabricated and
experimentally investigated in the Langley 20-inch hypersonic tunnels at free-stream
Mach numbers of 6.0 and 8.5. Reynolds number per meter for both Mach numbers was
1.476 x 107 and the model wall temperature was near adiabatic wall temperature. The
model was tested with and without boundary-layer trips installed and at angles of attack
from 00 to 50. The model scale was about 1/210 the size of a typical vehicle. Experi-
mental data results are presented in the form of pressure distributions (ratio of surface
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static pressure to free-stream total pressure), survey pitot pressure profiles, boundary-
layer thickness parameters, schlieren photographs, and oil flow patterns.
SYMBOLS
a major axis of an ellipse
b minor axis of an ellipse
1 length of model (40.64 cm)
M Mach number
Mf local Mach number
Ppitot pitot pressure, atm (1 atm = 1.013 x 105 N/m 2 )
Ps surface static pressure, atm
pt,oO free-stream total pressure, atm
R Reynolds number per meter
r radius perpendicular to model center line, cm
T static temperature, K
Tt,oo free-stream total temperature, K
u velocity, m/sec
x longitudinal distance from nose vertex, cm
y distance from model surface, perpendicular to model surface, cm
y' distance from reference plane to center line of probes on Mach 8.5 multiple
probe survey rake (see fig. 4(b)), cm
z ratio of the distance of survey probe center line from model surface to max-
imum (2.54 cm) survey distance, perpendicular to tunnel center line
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a angle of attack, deg
6 boundary-layer velocity thickness, cm
6* boundary-layer displacement thickness, cm
angle between vertical plane and shaft of multiple probe survey rake (see
fig. 4(b)), deg
8 boundary-layer momentum thickness, cm
body surface angle, deg
p density, g/m 3
T angle of reference plane to each probe of multiple probe survey rake (see
fig. 4(b)), deg
model radial planes, deg (see figs. 1(a) and 2(a))
Subscripts:
6 boundary-layer edge
0o free stream
APPARATUS AND PROCEDURE
Facilities and Test Conditions
The Mach 8.5 and the Mach 6.0 tunnels employed in this investigation are briefly
described in reference 19. The Mach 8.5 tunnel is a blowdown type facility that employs
an axisymmetric contoured nozzle with a 53.3-cm-diameter (21-in.) test section; the
test core is about 40.6 cm (16 in.) in diameter. The Mach 6.0 tunnel is also a blowdown
type facility, but a two-dimensional contoured nozzle is employed with a 50.8-cm (20-in.)
square test section; the test core is about 40.6 cm (16 in.) square. An appendix of refer-
ence 20 describes in more detail the Mach 6.0 facility. The flow conditions for the exper-
iments are listed in table 1. Tests were conducted at Reynolds numbers per meter of
0.984 x 107, 1.476 x 10 7 , and 1.969 X 107 for Mach 6.0 and 1.476 x 107 for Mach 8.5;
the majority of the Mach 6.0 data was obtained at 1.476 x 107. Runs were made with
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and without boundary-layer trips installed on the center body. The model wall tempera-
ture was near adiabatic. The free-stream Mach numbers were 6.0 and 8.5 with a varia-
tion of ±0.02. Both facilities had the capability for testing at angles of attack; tests were
conducted at 00 to 50 angle of attack. All angle-of-attack tests had the 00 (P-plane as the
windward side except for one pitot survey test at Moo = 8.5 and a = 50 in which the
900 ( -plane was the windward side. Pitot pressure surveys were conducted at 00 and
50 angle of attack (see table 1). Surface static pressures were measured over the range
of angle of attack from 00 to 50 in 10 increments for Mach 6.0 with and without boundary-
layer trips and for Mach 8.5 with trips installed. For Mach 8.5 without trips installed,
static pressure measurements were obtained for 00 and 20 angle of attack only.
Model
Design concept. - The design concept derived in the joint NASA-NYU program is
shown in the schematic of figure 1. The centerbody nose is a 7.50 half-angle cone and is
terminated by an oblique planar cut. This planar cut establishes a swept line, as shown
in the side view, which marks the end of the initial cone surface and the beginning of the
isentropic compression surface. The same amount of isentropic compression is
employed in all radial planes, resulting in elliptical-shaped cross sections. The focal
point of the waves emanating from the compression surfaces was chosen sufficiently
downstream so as to avoid wave coalescence at Mach numbers below 8.5. After 8.50
of isentropic compression (surface slope of 160), the compression terminates in a swept
plane as shown in figure 1(a). This swept compression concept generates, at 00 angle of
attack, the greatest surface pressures in the major-axis plane (0 of 900, see figs. 1(a)
and 2(a) for definition of ( or radial planes) at any axial station up to the end of the
compression in the major-axis plane. The forebody boundary layer along the major-axis
plane generally is driven toward the minor-axis plane (0 = 00). The two inlet cowls,
therefore, would be located circumferentially between the 4-planes of 450 to 900 and
between 3150 to 2700 as shown in figure 1(a). The cowl leading edge corresponds to the
intersection of the conical bow shock generated by the 7.50 half-angle cone at Mach 8.0
and a plane inclined 550 to the center line; that is, the cowl leading edge in the side view
is swept 550. The leading edge of the cowl in the 900 (-plane (point C in fig. 1(a)) cor-
responds to the point of intersection of the conical bow shock at Mach 8.0 and the corre-
sponding characteristic line emanating from the point of initial isentropic compression
in that plane. Leading edges of the sidewalls located in the ( -planes of 450 and 3150
are designed to be swept 450 relative to the vehicle axis. The internal surface of each
sidewall is canted 100 outward to avoid formation of shocks due to the outward component
of velocity produced by the sweep of the cowl leading edge.
The present investigation is not concerned with the nozzle; however, it is of interest
to note the general design approach. At the end of the isentropic compression, the sur-
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face slope of 160 remains constant for a short distance in each radial plane before the
body contour turns toward the center line to simulate a nozzle surface. This type of
design results in a rotation of 900 of the major and minor axes of the elliptical cross
sections as indicated by the A-A and B-B cross sections in figure 1(a).
Another note of interest about this design concept is that it employs thermal com-
pression. Thermal compression is discussed briefly in reference 3, the basic fluid
dynamics of the process are described in reference 21, and reference 22 summarizes
some past work on thermal-compression research engines. In the thermal-compression
process, combustion-induced compression waves originating at one fuel injector are used
advantageously to compress the airflow approaching injectors located in regions of low
inlet contraction ratio. In order to employ thermal compression in the NASA-NYU con-
cept, fuel-injector bodies are envisioned to be located as illustrated in figure 1(b). The
thermal compression feature has several potential advantages; its dominant feature,
however, is increased performance for three-dimensional fixed geometry configurations
which must be limited to modest inlet geometric contraction ratios because of inlet
starting requirements at low supersonic Mach numbers (M = 3).
Experimental model.- The experimental model consisted of the centerbody design
with symmetric elliptical cross sections without a cowl as illustrated in figure 2. The
model scale is about 1/210 of a typical vehicle 85.5 m long. Design coordinates in the
00 and 900 p-planes were defined by the equations listed in table 2. Coordinates of the
fabricated model were slightly different than designed; body coordinate measurements
were obtained and are listed in table 3. The measured radii values of the major and
minor axes are presented in figure 3(a). The centerbody surface angles in the C-planes
of 00, 450, and 900 were determined graphically by a mirror tangent method. The results
are presented in figure 3(b), and the values represented by the faired curves were used
to predict the flow field with the modified near-characteristics-method computer program
described in references 7 and 8. The conical nose of the model has an average half-angle
of about 7.250 instead of the design value of 7.50. Also, the 0 -plane of 450 had less than
the design value of compression; a nearly straight line segment was present in the region
of 0.625 : s _ 0.813 that resulted in a total compression of about 130 instead of 160.
Since the present test conditions result in an occurrence of natural boundary-layer
transition at an axial station of about 23 cm for Moo = 6.0, or midway along the compres-
sion ramp, boundary-layer trips were installed as shown in figure 2(a) to insure the
existence of a turbulent boundary layer along most of the model surface. The boundary-
layer.trips consisted of spheres of 0.794 mm in diameter, which is approximately equal
to boundary-layer thickness at the trip station; they were spot welded approximately 4.0
diameters apart (center to center) on a 0.076-mm-thick steel band. The band was coni-
cal in shape and was located at the 7.62-cm station (x/1 = 0.188).
6
Flow Visualization Techniques
Schlieren.- During all the Mach 6.0 and 8.5 tests the forebody flow was viewed by
parallel light schlieren systems. The results were recorded by photographic means.
Oil flows.- Flow visualization was also performed by means of oil flow tests for
Mach 6.0 with and without boundary-layer trips installed. The tests were performed at
00 and 50 angles of attack. Dots of an oil-lamp black mixture were applied to the model;
and after the tunnel flow was stabilized, the model was injected into the tunnel free
stream for several seconds and then retracted. Photographs were used to record the
flow patterns on the model. Satisfactory oil flow tests could not be conducted in the
Mach 8.5 facility at the time of the tests.
Instrumentation
Experimental measurements consisted of surface static pressures, pitot pressure
surveys, and free-stream total pressure and temperature. Static pressure orifices
were installed in three radial planes (0 of 00, 450, and 900); the locations are tabulated
in table 4. Pitot pressure surveys were obtained with two different survey rakes that
are illustrated in figure 4. A single probe rake (fig. 4(a)) was used during the Mach 6.0
tests. Because of limited run time in the Mach 8.5 tunnel, a multiple probe rake
(fig. 4(b)) was used to reduce survey traverse time. The size of each probe and the dis-
tance from a reference plane to each probe center line are indicated in the table in fig-
ure 4(b). Between runs the rake shaft was bent in order to allow probe tip contact with
the model surface. The angle between the bent shaft and the vertical plane, E, is
defined in figure 4(b) and the values of E are tabulated in the last column of table 1.
The surveys were conducted in such a manner that in many cases data from adjacent
tubes overlapped; in such cases the data for analysis were selected from tubes which
were more accurately alined with the local flow. Flow-direction values used in the
decision as to which measurement to use were estimated from the computed flow-field
conditions obtained with the computer program of references 7 and 8.
Analytical Computations
Inviscid flow.- The inviscid flow field was analyzed with the aid of two different
three-dimensional flow-field analysis computer programs. Comparisons were made of
these two programs in terms of the accuracy, speed, and ease of computations. The
first method is referred to as the method of near characteristics (refs. 7 and 8), while
the second method used a finite-difference solution to the unified supersonic/hypersonic
small-disturbance equations (refs. 23 and 24). These methods are discussed in
appendix A.
7
The model surface contour was corrected for the boundary-layer displacement
thickness for use in the near-characteristics method only. The corrected contour was
obtained iteratively by using the near -characteristics -method program and the boundary-
layer program reterred to in the next section.
Viscous flow. - The viscous flow field was analyzed with the aid of an integrodiffer-
ential boundary-layer method that is somewhat more complex than that described in ref-
erence 25. A brief discussion of this prediction method is contained in appendix B.
RESULTS AND DISCUSSION
Results from the Mach 6.0 and 8.5 experimental investigations have been analyzed
and are discussed in the following paragraphs. Experimental data were obtained over a
range of Reynolds numbers at Mach 6.0 as stated previously in the section entitled
"Apparatus and Procedure." Reynolds number variations did not, however, have a sig-
nificant effect on the data results; therefore, all the data results presented are for a
Reynolds number per meter of 1.476 x 107.
Shock Correlations
Enlargements of schlieren photographs presented in appendix C were used to mea-
sure coordinates of the bow shock. These measurements are presented as the symbol
points in figures 5(a) and 5(b) for Mach 6.0 and 8.5, respectively. All the experimental
measurements of shock position presented are with boundary-layer trips since measure-
ments without trips were not noticeably different. Curves are also shown representing
the theoretical bow-shock locations that were obtained from the near-characteristics
method. Favorable agreement between theory and experiment is noted in figure 5(a) for
all three planes at Mach 6.0 for both 00 and 50 angle of attack. At Mach 8.5 the data lie
above the theory by about 10 percent.
The bow (conical) shock should be straight (shock angle is 12.10 at Moo = 6.0 and
a = 00) up to the intersection point of the initial compression from the isentropic surface.
The compression waves from the isentropic compression contour interact with the bow
shock, and the shock slope is increased from an angle of 12.10 to 20.10 for Mach 6 and
a = 00. The corresponding flow direction is approximately 12.50 which is consistent with
the conical shock strength, whose flow deviation is 3.90 behind the 12.10 shock, and the
80 to 90 change in body slope. Similarly, the bow shock for Mach 8.5 and a = 00 has
an initial slope of 10.40 that is increased to about 15.30 because of the compression
waves interacting with the bow shock.
At Moo = 8.5 and a = 50 the bow shock exhibits a "bulge" in the region
0.2 < 2 < 0.5. Initially the shock angle is steeper than the theoretical conical value of
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9.850; then it becomes shallower. This effect is due to the interaction of the shock gen-
erated by the trips with the conical bow shock.
Static Pressure Distributions
Effects of swept compression. - Swept compression in the present design was
obtained, as discussed in the design-concept section, by initiating the compression in
the 0 -planes of 900 and 2700 and delaying the start of compression about the circumfer-
ence of the body as the 00 p-plane is approached from these two planes. Surface pres-
sure distributions of this design concept were predicted by using the theoretical method of
references 7 and 8. This method indicated that, at any station in the compression region
up to the end of compression in the 900 q -plane (x/1 : 0.719), the surface pressure is
greatest in the 900 (-plane at 00 angle of attack; these results are shown in figures 6(a)
and 6(c). Static pressure measurements obtained in the three radial planes (( = 00, 450,
and 900) are also presented in figures 6(a) and 6(b) for Mach 6.0 and figures 6(c) and 6(d)
for 8.5. Good agreement was obtained between the experimental and theoretical pres-
sure distributions for both Mach 6.0 and 8.5 at 00 angle of attack as is evident in fig-
ures 6(a) and 6(c), respectively. At Mach 6 and 50 angle of attack, figure 6(b), the
agreement is not as favorable; the theory underpredicted the pressures in the 900 0 -plane
and also underpredicted the pressures in the 00 (P -plane for x/l values greater than
0.80 but did predict the pressures in the 450 0 -plane. Possible contributions to the
underpredictions are inadequacies in the computer-program input data, the assumption
of irrotational flow, and/or boundary-layer cross flow. No computational results were
obtained for Mach 8.5 at 50 angle of attack, figure 6(d). In general, the static-pressure
trends, especially at 00 angle of attack, correspond to the trends indicated by the surface
slope curves of figure 3(b). At 50 angle of attack the pressures in the 00 0 -plane (wind-
ward plane) at x/1 of 0.719 are slightly greater than those in the 900 (P-plane.
With the greater pressures at x/1 of 0.719 in the 90 0 0 -plane at 00 angle of
attack, boundary-layer cross flow from the 90 0 ( -plane to the 00 -plane would be
expected; this cross flow would have passed through the region between the split halves
of the cowl design concept (see fig. 1(a)). The slightly different pressure levels at x/1
of 0.719 for 50 angle of attack resulted in an inconclusive cross-flow trend. Oil flow tests,
however, indicated only small amounts of cross flow occured toward ( = 00 at 00 angle
of attack, but at 50 angle of attack a larger amount of cross flow was indicated to flow
toward the 900 and 2700 0 -planes from the 00 (P -plane. Photographs and interpretation
of the oil flow tests are included in appendix D. The surface static pressure and oil flow
results suggest that the two inlet cowls be combined into one cowl symmetric about the
major-axis plane compression ramp and located on the lower quadrant of the vehicle
forebody. (This is discussed further in the section entitled "Engine Cowl Location.")
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Comparison of theoretical methods.- The theory of references 7 and 8 was used in
the design of the centerbody swept compression concept and in the prediction of the sur-
face static pressure distributions. During the course of this investigation, a fully thr^e-
dimensional theoretical method (refs. 23 and 24) became available and was used for lim-
ited comparison as shown in figure 7 for Mach 6.0. Experimental data are shown for
boundary-layer trips installed in figure 7(a) and for no trips in figure 7(b). Since both
computer programs are for inviscid flow, neither computer program accounts for the
trips; therefore, the theoretical curves of figures 7(a) and 7(b) are the same. In general,
the theory of references 23 and 24, referred to as the small-disturbance theory, follows
the detailed irregularities in the data curves much more closely than the near-
characteristics theory of references 7 and 8. Some difficulty was experienced in using
the small-disturbance theory to match the data trend in the nearly constant-slope region
of the 450 0 -plane, particularly at 50 angle of attack. This condition occurred because
the computer generated the body contours in all planes without any longitudinal slope con-
trol except for the radii in the major and minor axes (00 and 90 0 0 -planes) which were
specified by input data. There does not seem to be an inherent advantage of one of the
theories over the other because the input requirements and computational times of the two
programs are comparable. The differences shown are the result of the way the user
specifies the input and defines the body contours.
Effect of angle of attack and boundary-layer trips.- Experimental static pressure
distributions for angles of attack ranging from 00 to 50 are presented in figures 8(a) and
8(b) for Mach numbers of 6.0 and 8.5, respectively. No significant effects of the trips on
the static pressure distributions are noted because the trips were located well upstream
of the measurement stations. The effect of angle of attack was largest in the 00 -plane
and negligible in the 900 0 -plane. For the 00 q -plane the increase in static pressure is
about 11 percent per degree angle of attack for Mach 6.0 and about 16 percent per degree
for Mach 8.5. The magnitude and direction of lateral static pressure gradients change
gradually with angle of attack and x/1 station, as illustrated in figure 9. At angles of
attack less than about 30 and stations at or upstream of x/1 of about 0.719, positive
lateral pressure gradients existed which would tend to drive the boundary layer towards
the 00 radial plane. At all angles of attack for stations downstream of xf/ = 0.719, the
lateral pressure gradients would tend to drive the boundary layer towards the 900 radial
plane.
Boundary-Layer Parameters
Theoretical boundary-layer computations have been performed by using the integro-
differential boundary-layer method similar to that of reference 25 and described in
appendix B. In these computations the transition from laminar to turbulent flow was
initiated at the trip station, x/1 value of 0.188. End of transition was computed to be
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an x/1 value of 0.312 for Mach 6.0 and 0.40 for Mach 8.5. The theoretical location
for the end of transition for Mach 6.0 agreed reasonably well with oil flow data results.
Longitudinal distributions.- Results of the theoretical computations which are
based on the experimental static pressure distributions are presented as longitudinal
distributions for Mach 6.0 and 8.5 in figures 10(a) and 10(b), respectively. Zero angle-
of-attack results were obtained in the three radial planes for both Mach numbers, and 50
angle-of-attack (windward side in 4 = 00 plane) results were obtained in the 4-planes
of 00 and 900. The experimental boundary-layer parameter distributions without trips
are compared with theory at an x/1 of 0.719 in the 4 -plane of 00 . The values of the
Mach 6.0 data at 00 angle of attack are somewhat greater than the corresponding theoreti-
cal values: greater by 10 percent for 8, 16 percent for 6*, and 20 percent for 6. The
installation of trips increased the experimental values of all three parameters by amounts
on the order of 10 to 20 percent in the 00 5 -plane. A limited analytical study using the
method of reference 25 indicated that the trip case could not be adequately modeled by
simply increasing the local momentum thickness at the trip station by an amount equiva-
lent to the trip drag because this effect dissipated completely with downstream distance.
The theoretical estimates with trips are therefore not presented. Also, the method of
reference 25 was modified to account for cross-flow effects. Calculations were per-
formed for Mach 6.0 at 00 angle of attack and the results were within 1 percent of the
results using the unmodified method and are therefore not shown. Data results with
trips for 50 angle of attack are shown for Mach 6.0 in figure 10(a). Too few data mea-
surements with no trips and a = 50 were obtained within the boundary layer; thus no
data results are shown. Observations of the data results of the three boundary-layer
parameters and possible indications of cross flow are:
(1) For the data of 50 angle of attack with trips, the values for the 900 4-plane are
lower than for the 00 0 -plane for all three parameters. However, the trends of the 00
angle-of-attack theoretical predictions which do not account for cross flow are in the
same direction; therefore, cross flow is not necessarily indicated.
(2) As the angle of attack is changed from 00 to 50, values of the parameters gen-
erally decrease for both 4 -planes of 00 and 900; therefore, this result is inconclusive
relative to cross flow.
(3) Figure 10(a) clearly shows for a comparison between 4 = 00 and 900 data with
trips at a = 00 that values of all three parameters are much less at 4 = 900 than at
4 = 0o . The differences are larger than theory indicates, but theory did not account for
cross flow. This result strongly suggests cross flow from 4 = 900 to 4 = 00 planes
at a = 0o . In summary, these results indicate that only at a = 00 is cross flow sug-
gested from 4 = 900 to 4 = 00; the rest of the boundary-layer results are inconclusive.
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At a Mach number of 8.5 only data obtained with trips at 00 angle of attack are shown
because survey data for radial planes of 450 and 900 were in error.
Lateral distributions.- For Mach 6.0, the boundary-layer flow could be sufficiently
analyzed to obtain experimental lateral distributions. The data results of the three
boundary-layer parameters are, therefore, shown as a function of P in figure 11.
Trends shown, especially for a = 00, are similar to trends that were expected for such
a forebody design concept.
Flow-Field Surveys
Effect of swept compression.- Pitot pressure profiles within the boundary layer
are presented in the top half of figure 12, and the inviscid flow profiles outside the
boundary layer are presented in the bottom half of the figure. (All the experimental
data are shown in the bottom portion.)
All measured pitot profiles in the boundary layer have higher values than those
predicted by the method of reference 25 for all cases except for Moo = 6.0, a = 00, and
P = 0o . Comparison of experimental and predicted velocity profiles (not included herein)
showed reasonable agreement for Mach 6.0 and a = 00 for all three planes. However,
the indications were that the method for determining 5 experimentally, discussed in
appendix B, was not accurate enough for these cases. Smaller values of 6 than those
determined experimentally would have given better agreement. Furthermore, the veloc-
ity profile comparisons at a = 50 and Mach 6.0 suggested that the trips may have
affected the results noticeably at angle of attack. The Mach 8.5 data are believed to be
affected by tube interference effects with the multitube pitot rake. Only the data in the
0o c -plane appeared reasonably valid and are shown in the top portion of figure 12(c).
The Mach 6.0 and 8.5 inviscid flow measurements agree well with theory at 00
angle of attack. The effect on the Mach 6.0 inviscid flow field of increasing the angle of
attack to 50 was slightly underpredicted for the 00 p-plane, as shown in the bottom por-
tion of figure 12(b). The 900 0 -plane theoretical pitot pressures are considerably lower
than those predicted in the 00 C-plane; however, the experimental data for the 50 angle-
of -attack case are nearly identical at P-planes of 00 and 900; this resulted in the 900
4-plane values being greatly underpredicted.
Mach numbers at the edge of the boundary layer (M 6 ) are noted in figures 12 to 15
for the inviscid flow-field profiles. These values correspond to the pitot and static pres-
sures at the edge of the boundary layers and were determined during the analysis of the
boundary-layer survey data.
Effects of axial station, boundary-layer trips, and angle of attack. - Pitot pressure
profiles are presented in figure 13 for a series of axial stations for Mach 6.0. In the 00
12
4)-plane the theory underpredicts the pitot pressure, particularly at the most downstream
stations and at an angle of attack of 50; the underprediction was also evident in the 900
4-plane at 50 angle of attack. These trends would be expected as a result of the irrota-
tional flow assumption. The effects of boundary-ayer trips on the flow-field pitot pres-
sure distributions in the 00 4 -plane are shown by figure 14 to be negligible for an angle
of attack of 00 and less than 5 percent at a = 50o . The theory predicts the no-trip cases
well. Figures 15(a) and 15(b) show that increasing the angle of attack from 00 to 50 pro-
duces substantial increase (approximately 33 percent for Moo = 6.0 and approximately
51 percent for Mo = 8.5) in the pitot pressures in the 00 ( -plane at the x/1 - station of
0.719. However, when the body was rotated 900 so that the 4 = 900 plane was the wind-
ward side (fig. 15(b)), increasing the angle of attack to 50 had less effect (approximately
14-percent increase) at x/1 of 0.719. This less effect resulted because more geometric
compression has occurred in the 900 plane than in the 00 plane; thus the increased amount
of compression because of the increased angle of attack is less significant (smaller per-
centage increase).
Cowl leading-edge flow field. - Mach numbers in the vicinity of the cowl leading
edge are of interest in the design of an inlet. Lines of constant local Mach numbers are,
therefore, shown in figure 16 for a free-stream Mach number of 6.0. The superimposed
cowl leading edge of figure 16 was obtained by assuming that the leading edge in the
4 -plane of 900 corresponded to the intersection of a conical bow shock of 7.50 half-angle
cone at Mach 8.0 and the corresponding characteristic line emanating from the point of
initial isentropic compression. The cowl leading edge in the ) -planes of 450 and 00
(physically no cowl) then corresponded to the intersection of the bow shock and a plane
inclined 550 to the center line and passing through the cowl leading-edge point in the
P = 900 plane (see model-design-concept section and fig. 1(a)). Axial locations of the
cowl leading edge corresponding to the 0 -planes of 0o, 450, and 900 are x/l values of
0.931, 0.789, and 0.731, respectively.
Local Mach number values were obtained from the computational results using the
computer program of references 7 and 8. Values used from the computer results were
for axial positions which most nearly represented the cowl leading-edge positions; the
x/1 values were 0.907, 0.783, and 0.720 for the 4-planes of 00, 450, and 900, respectively.
Results for the 00 angle of attack in figure 16(a) indicate inconsistencies in the Mach
number contour lines which are considered to be the result of the near constant wall
slope of the centerbody surface in the 4 -plane of 450. In this area of inconsistencies,
point values only are indicated in the 450 0 -plane. The contour lines are shown only in
the inviscid flow field and the superimposed boundary-layer edge represents that deter-
mined experimentally with trips. About half of the inlet flow appears to be the boundary-
layer flow.
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At 50 angle of attack (windward side in the 00 0 -plane), the flow is compressed
more in the 00 -plane than in the 450 and 900 0 -planes; this resulted in constant Mach
number contour lines as depicted in figure 16(b). The boundary layer is somewhat thinner
in the 00 ( -plane at 50 angle of attack; however, the amount of boundary layer occupying
the inlet flow is only slightly less than that for 00 angle of attack. If the windward side
were the 90 0 0 -plane, the boundary-layer thickness is expected to be thinner and thus the
boundary layer would be a lesser amount of the total inlet flow.
It should be noted that for a full-scale vehicle the centerbody design radii would
be reduced by an amount equal to the boundary-layer displacement thicknesses for the
design conditions. Also, full-scale boundary-layer thicknesses should be much thinner
relative to the centerbody radius and the cowl height because of the higher Reynolds num-
Flight Reynolds number _ 50)bers for the full-scale vehicle Flight Reynolds numbe 50
\unnel Reynolds number
Engine Cowl Location
The results show that at 00 angle of attack the boundary-layer parameters are
smallest in the 900 0 -plane. The 50 angle-of-attack results are too inconclusive to
determine if angle of attack with windward side in the P = 00 plane changes this trend.
However, it is believed that if the 0 -plane of 900 were the' windward side, the boundary-
layer parameters would become smaller. Since a small amount of angle of attack is
expected during a normal cruise flight, the original design concept has been modified as
shown in figure 17 to take better advantage of angle-of-attack flow conditions. The mod-
ifications are:
(1) Rotate the forebody 900 so that the 0 -plane of 900 is on the bottom of the
vehicle.
(2) Combine the cowls on the sides of the forebody into one cowl symmetric about the
900 0 -plane and extend the cowl so as to encompass the region from 0 = 300 to 1500.
(3) Axially locate the cowl leading edge so that the leading compression character-
istic intersects the cowl lip, point C in figure 17(b), at Mach 8.5 and "shock-on-lip"
(point C) conditions exist at Mach 10.0.
With these modifications, positive lateral pressure gradients will exist over the entire
angle-of-attack range of 00 to 50. These lateral pressure gradients will tend to drive
the boundary layer towards the 00 and 1800 0-planes or away from the relocated cowl
entrance.
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CONCLUSIONS
A preliminary analytical and experimental investigation has been conducted for a
vehicle inlet forebody that was designed to have elliptical cross sections downstream of
an initial sharp-nosed right circular cone. This concept resulted in the isentropic por-
tion of the compression being performed in a swept manner. The investigations were
conducted at Mach 6.0 and 8.5. Conclusions based on the results are as follows:
1. Near-characteristics and small-disturbance equation methods predict well the
longitudinal pressure distribution of a nonaxisymmetric body such as the one tested in
this investigation; both methods are very sensitive to the accuracy of surface contour
inputs.
2. Inviscid flow-field conditions agree well at 00 angle of attack when predicted by
the near method of characteristics, but become less accurate for increasing angle of
attack.
3. Values of experimental no-trip boundary-layer thickness parameters were 10 to
20 percent greater than the results of the boundary-layer prediction method based on the
experimental surface static pressures. The installation of trips increased the experi-
mental thickness parameters on the order of 10 to 20 percent in the radial plane of 00
at 00 angle of attack; unsuccessful analytical attempts were made to model the trip effect
by changing the momentum thickness at the trip station by an amount equivalent to the
trip drag.
4. Lateral distributions of experimental static pressures and boundary-layer thick-
ness parameters indicated that flow was directed from the major-axis plane (900 radial
plane) to the minor-axis plane (00 radial plane) at 00 angle of attack; at 50 angle of attack
with the windward side in the 00 radial plane, the results were, however, too inconclusive
to ascertain a trend.
5. Improved forebody and inlet performance is expected if the inlet cowls on the
sides of the forebody are combined into one cowl symmetric about the major-axis plane
and relocated on the bottom of the forebody (windward side at positive angles of attack).
Such a change would result in an increasing static pressure gradient with increasing
angle of attack and, consequently, in the boundary-layer flow always being directed
away from the inlet cowl entrance at zero and positive angles of attack.
Langley Research Center,
National Aeronautics and Space Administration,
Hampton, Va., December 23, 1974.
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APPENDIX A
INVISCID FLOW-FIELD THEORIES
The inviscid external flow field was analyzed with the help of two different three-
dimensional flow-field analysis programs; comparisons were made of the accuracy,
speed, and ease of computation. The first method is referred to as the method of near
characteristics while the second method uses unified supersonic/hypersonic small-
disturbance equations.
Method of Near Characteristics
The method of near characteristics, which was developed for inviscid perfect gas
flow fields, is described in reference 7 and the user's manual is reference 8. Calcula-
tions proceed downstream in selected reference planes employing a network of near
characteristics resulting from the intersection of characteristic surfaces with the planes.
The program was developed for relatively slender smooth-surfaced bodies operating at
moderately supersonic Mach numbers; therefore, irrotational flow was assumed, i.e.,
the entropy behind the shock waves is assumed to be constant. Rotational flow would be
produced by blunted bodies, especially at hypersonic speeds, or bodies at high angles of
attack. Compatibility relations, which prescribe the variation of the local velocity com-
ponents along the near characteristics, are derived in circular cylindrical coordinates.
The solutions in each of the reference planes are coupled through terms, appearing in the
compatibility relations, that involve transverse derivatives. The derivatives are deter-
mined by spline fitting without special interpolation of the values of the velocity
components.
In reference 7 results of this method were compared with limited experimental
data, which sometimes resulted in slight differences. These differences were generally
attributable to entropy variations or viscous effects. Also, embedded shocks were found
to arise in the flow fields around an axisymmetric body at angle of attack and around
nonaxisymmetric compression surfaces. When the starting solution is nonaxisymmetric
(e.g., a cone at angle of attack), care must be taken to ensure that the velocity compo-
nents, together with the transverse derivatives resulting from their curve fit, satisfy
the body boundary conditions. If these conditions are not satisfied, artificial pressure
waves are introduced, propagating outward from the body surface.
Initial flow-field data must be provided to start the numerical solution; the program
was initially envisioned for sharp-nosed circular and elliptic cones. In each meridian
plane at a given x-location an equal number of mesh points is evenly spaced along a
radial line between the body and the associated shock; the conditions at each point are
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obtained from cone tables (e.g., ref. 26) or cone solutions from computer programs. If
the body is at small angles of attack, tables similar to reference 27 can be used or the
conditions can be obtained by calculating asymptotic solutions with the present numeri-
cal method. This is done by using the initial conditions obtained for a right circular
cone at zero angle of attack and then performing the calculations for the right circular
cone at angle of attack for a sufficient body length to allow the conditions in all meridian
planes to asymptotically approach steady conditions. For the body of this present inves -
tigation, the conditions for Mach 6.0 and an angle of attack of 50 had to be obtained in
increments; that is, initial conditions for zero angle of attack were used for computations
at 10 angle of attack. The conditions obtained from the 1o angle-of-attack computations
were then used for initial conditions for 20 angle-of-attack computations; this procedure
was continued up to an angle of attack of 50.
The program as described in references 7 and 8 incorporates spline fits for the
body points which are input as x and y coordinates in various meridional planes. In
the present investigation the computer program with the original spline fit intact was
used, but the resulting surface static pressure distributions oscillated and disagreed
with experimental pressure distributions. Such oscillations can be alleviated by using
various methods, such as defining the body more smoothly by incorporating least-square
fits for the body coordinate inputs or defining as input the point slopes corresponding
to the coordinate inputs. The method chosen introduced into the computer program
(refs. 7 and 8) an option that allowed the incorporation of point slope values as input.
The surface contour of the body was corrected for the boundary-layer displace-
ment thickness, which was obtained in an iterative manner by using the present near-
characteristics-method computer program and the boundary-layer program described
in reference 25 and modified as described in appendix B.
Numerical Solution to Three-Dimensional Unified Supersonic/Hypersonic
Small-Disturbance Equations
The numerical solution to three-dimensional unified supersonic/hypersonic small-
disturbance equations is described in references 23 and 24; this method provides a
numerical solution to the nonlinear disturbance equations embodied in the unified
supersonic/hypersonic theory developed by Van Dyke. The small-disturbance equa-
tions are applicable for both supersonic and hypersonic flow over configurations whose
local surface inclinations to the free stream are small. The numerical method uses the
Lax-Wendroff finite-difference approximation to the flow equations for updating the flow
field in a cross-cut plane. Special treatment is required of points on or near the bound-
ary contour: (1) boundary points are updated by using either a quasi-one-dimensional
method of characteristics (used in the present investigation) or a conservative difference
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scheme derived from the Lax-Wendroff difference equations and (2) field points near the
boundary contour are updated by interpolation. This method allows determination of the
complete flow field in addition to the surface properties. Shock waves and other discon-
tinuities are accounted for implicitly in the numerical method.
The initial conditions are generated for this program by using one of three options:
(1) initial conditions are computed from cone tables, (2) initial conditions are computed
by using the tangent wedge method, or (3) initial conditions are set to free-stream con-
ditions and an "impulsive start" method is employed. For this investigation the cone-
table method was used.
Surface contours were input by a pointwise definition of the axial variation of the
semimajor and semiminor axis of elliptical cross sections. The program then connects
the points by a linear cubic spline with specified slope discontinuities. The contours
were physical model measurements and were not corrected for boundary-layer displace-
ment thicknesses.
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APPENDIX B
VISCOUS FLOW FIELD
Theory
During this investigation the boundary-layer thickness parameters were predicted
using an integrodifferential boundary-layer method. The basic integral method used is
applicable to the prediction of axisymmetric and two-dimensional turbulent boundary
layers and is similar to that of reference 25. The method employs the simultaneous
solution of the integral-momentum, moment-of-momentum, and energy equations. Non-
equilibrium boundary-layer velocity profiles can be computed by using this method which
employs the modified Crocco relation for the enthalpy velocity profile relation of refer-
ence 28. The present version of the boundary-layer prediction method is somewhat
more complex than that of reference 25 in that provisions for real gas and nonisentropic
boundary-layer edge conditions are included. Several simplifying assumptions are
retained, such as a flat-plate shear stream profile and no provisions being incorporated
for a normal pressure gradient. Revisions were made to the computer program for the
present investigation to account for the effects of boundary-layer trips and small amounts
of cross flow in the plane of symmetry. Trip effects were accounted for by estimating
the drag of the trips and then increasing the initial momentum thickness 0 by that
amount. This approach was used with the realization that this method of accounting for
the trips is somewhat inadequate; however, the computer program used was readily mod-
ified for such a method. The cross-flow effect was accomplished by incorporating into
the computer program the proper cross-flow terms.
During the present investigation, this method was employed for ideal-gas computa-
tions in the various meridian planes; each plane was treated as an axisymmetric body
contour. Distributions of static pressure, boundary-layer-edge Mach number, and wall
temperature are required program input. The static pressure distributions employed
were those obtained experimentally and extrapolated to the model nose. Mach number
distributions were obtained from the results of the near-characteristics computer pro-
gram. Temperatures were not measured; therefore, the wall-temperature distributions
were assumed to be adiabatic. This temperature assumption applies closely for the
Mach 6.0 case because the wind tunnel was preheated prior to the test and the test times
were relatively long. However, at Mach 8.5 conditions, the tunnel was not preheated and
the test times were much shorter.
Experimental Boundary-Layer Thickness Parameters
The program was used to predict at given longitudinal stations the conditions across
the boundary layer and the various boundary-layer parameters such as velocity thickness
19
APPENDIX B - Concluded
6, displacement thickness 6*, and momentum thickness 0. Comparisons of the analyt-
ical and experimental pitot pressure profiles were performed directly. However, two
additional assumptions were required in oider to obtain experimental boundary-layer
thickness parameters. First, the edge of the velocity thickness 6 was assumed to
correspond to the peak values in the profiles of pitot pressures measured within the body
flow field. These profiles typically showed a slow increase in pitot pressure followed by
a rapid decrease in pitot pressure as the wall was approached. Second, a constant value
of static pressure was assumed to exist across the boundary layer and to be equal to the
measured wall static pressure. An attempt was made to verify these assumptions by
determining a static pressure profile across the body flow field. Since static pressure
was not measured in the flow, values for this profile were obtained by first calculating
the ratio of local static to pitot pressure with the inviscid-flow computer program of
reference 8. These calculated local ratio values were then multiplied by the correspond-
ing measured local-pitot pressures. As would be expected, the static pressure profiles
near the wall were the same as those exhibited by the pitot pressure profiles. The peak
point of the two types of profiles were similarly located in height off the model wall (6).
Also, more importantly, the peak point static pressure value was nearly equal to the wall
static pressure value measured at Mach 6.0 and 00 angle of attack. This agreement of
the static pressures indicates that the assumptions of the location of the boundary-layer
edge at the peak point in the pitot pressure profile and of constant static pressure across
the boundary layer were generally reasonable. However, the assumption of constant sta-
tic pressure was found to be invalid at Mach 6.0 in the 0 -plane of 450 at 00 angle of attack
and in the C -planes of 00 and 900 at 50 angle of attack. In these cases the measured wall
static pressure value was slightly greater than all values in the static pressure profile;
therefore, in such cases a profile with slightly increasing static pressure values from the
boundary-layer edge (peak-point value) to the wall (measured value) was assumed. The
assumed static pressures and the measured pitot pressures were used to determine the
Mach number and temperature distributions across the boundary layer, which then were
used in equations (Bl) and (B2) in integrations to obtain the experimental displacement
thickness 6* and the momentum thickness 0, respectively.
* [i6 - dy = 6 M/M dy (B)
S ( uM/M) \
S ' pu (I dy 6 M/M dy (B2)
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SCHLIEREN PHOTOGRAPHS
Some representative schlieren photographs obtained during the Mach 6.0 and 8.5
experimental investigation are included in figure 18. Enlargements of these photographs
were used to obtain the experimental measurements included in figure 5. The survey
probe is in view in the photographs, but the measurements were obtained upstream of the
probe or in the region not affected by the presence of the probe.
Disturbances due to the presence of boundary-layer trips are not detectable at
Mach 6.0 but are detectable at Mach 8.5 as seen in figures 18(c) and 18(d), respectively.
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OIL-STREAK TEST RESULTS
Oil-streak tests were conducted at Mach 6.0 for 00 and 50 angles of attack with and
without boundary-layer trips installed. Photographic results of these tests are presented
in figures 19 and 20 for a of 00 and 50, respectively. At least one row (one radial
plane) of surface static pressure orifices is visible in each photograph for use as a ref-
erence line. In order for a row of orifices to be visible in figure 20, the viewing direc-
tion was not perpendicular to the windward side plane (see insert sketch) as was the case
for the photographs in figure 19. The oil-streak tests at a = 50 were performed with
the 0 -plane of 1800, the windward side. Since the model was symmetric, however, the
results were the same as if the 0 -plane of 00 were the windward side; this was the case
when the surface-static-pressure data and pitot-survey data were obtained.
A slight amount of cross flow toward the 00 0-plane exists for 00 angle of attack
and is more detectable in the photograph for the no boundary-layer trip case, figure 19(b).
With only one row of orifices visible for a reference line in the photographs for 50 angle-
of-attack (fig. 20) cases, the existence of cross flow away from the 1800 P -plane
(windward-side plane) is somewhat difficult to ascertain; however, from observations at
the time the photographs were taken, cross flow away from the windward-side plane did
appear to exist.
In order to better understand the streamline patterns for angle of attack, a com-
puter program (ref. 10) that traces streamlines through a three-dimensional flow field
was written in conjunction with the computer program of references 7 and 8. The cal-
culated surface inviscid streamline patterns for a Mach number of 6.0 and 30 angle of
attack are shown in a planform view in figure 21. Body streamlines, the solid lines of
figure 21, are shown for reference purposes. Departure of the streamlines from their
respective radial planes is significant and increases with increasing axial station.
Streamlines for a viscous layer would be expected to depart even further from the body
reference streamlines than do the inviscid flow streamlines shown; this is expected since
the fluid in the viscous layer has a lower momentum than the inviscid flow and is subject
to the same lateral pressure gradient.
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REPRODUCIBILITY OF THE
ORIGINAL PAGE IS POOR
TABLE 1.- TEST CONDITIONS
Windward-side Boundary-layer Pitot survey Surveyra Oil
M a, -plane, R per meter Static pressure Survey-rake Oildeg atm rips ax = 0.188 distribution x/Z station d-plane, shaft angle, streaks
deg ax/l =0.188 deg E, deg
6.0 bo to 5 0 12.245 505.56 0.984 x 107 Yes Yes ----
19.050 1.476
25.510 1.969
0 and 5 0 12.245 505.56 .984 Yes Yes 0.719 0
19.050 1.476 .750
.789
.931
0 --- 19.050 505.56 1.476 Yes Yes .719 45
.750
.789
0 and 5 0 19.050 505.56 1.476 Yes Yes .719 90
.731
0 and 5 0 19.050 505.56 1.476 No Yes .719 0 --- ---
b0 to 5 0 12.245 505.56 .984 No Yes ---- --- --- ---
19.050 1.476
0 and 5 0 19.050 505.56 1.476 Yes --- ---- --- --- Yes
No
8.5 bo to 5 0 102.04 838.89 1.476 x 10 7  Yes Yes ---- --- ---
0 and 2 0 102.04 838.89 1.476 No Yes ---- --- --- -
0 and 5 0 102.04 838.89 1.476 Yes Yesc 0.719 0 10 ---
0 --- 102.04 838.89 1.476 Yes YesC .719 45 17 ---
0 and 5 90 102.04 838.89 1.476 Yes YesC .719 90 17 ---
0 --- 102.04 838.89 1.476 No No .375 90 17
0 and 5 0 102.04 838.89 1.476 No YesC .719 0 8
_ 10
aSee figure 4(b).
bAngle of attack in 10 increments.
CLimited static pressure measurements.
TABLE 2.- COORDINATE EQUATIONS FOR ORIGINAL DESIGN CONCEPT
(a) 1 = 00 (minor-axis plane).
(0 = x 5 0.58125
r = 0.13165x(0.58125 5 x < 0.64776
r = 0.26157x 2 - 0.17039x + 0.08722
0.64776 - x 5 0.72515
r = 0.25723x 2 - 0.16383x + 0.08485
0.72515 < x 5 0.80044
r = 0.23978x2 - 0.13803x + 0.07533
0.80044 5 x 5 0.85643
r =0.01519x 2 + 0.22311x - 0.06972
(x 0.85643; A = 0.85643; B = x - A(r 0.13254 + 0.27416B + 0.05488B 2 - 0.60181B 3 + 20.57292B 4
(b) ¢ = 900 (major-axis plane).(0 5< x < 0.38061 (Designed end of cone, 15.468 cm)
r = 0.13165x
0.38061 s x _ 0.44713
r = 0.26157x 2 - 0.06545x + 0.03714
0.44713 : x < 0.52451
r = 0.25722x 2 - 0.06062x + 0.03591
0.52451 = x 2 0.59981
r = 0.23978x 2 - 0.04182x + 0.03086
0.59981 5 x 5 0.65571
r = 0.01519x 2 + 0.22921x - 0.05076
x 0.65571; A = 0.65571; B = x - A
r = 0.10612 + 0.27416B + 0.05488B 2 - 0.60181B 3 + 20.57292B
4
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TABLE 3.- MEASURED MODEL COORDINATES
r/Z at -
x/l
0 = 00  P = 22.5 0  = 450 =67.50 = 900 = 2700  ¢ = 292.50 = 315 0  = 337.50
0.0625 0.0076 0.0077 0.0079 0.0081 0.0084 0.0082 0.0081 0.0078 0.0078
.1250 .0152 .0152 .0156 .0160 .0164 .0156 .0154 .0152 .0154
.1875 .0236 .0237 .0242 .0246 .0250 .0238 .0236 .0236 .0237
.2500 .0318 .0320 .0326 .0329 .0333 .0320 .0318 .0317 .0318
.3125 .0400 .0402 .0408 .0411 .0415 .0399 .0398 .0398 .0399
.3750 .0479 .0481 .0491 .0493 .0500 .0483 .0481 .0479 .0480
.4219 .0542 .0544 .0559 .0564 .0573 .0556 .0555 .0550 .0548
.4531 .0586 .0590 .0607 .0616 .0627 .0608 .0607 .0599 .0592
.4844 .0648 .0634 .0657 .0672 .0684 .0662 .0662 .0652 .0638
.5156 .0669 .0679 .0710 .0732 .0745 .0726 .0722 .0706 .0683
.5469 .0711 .0726 .0766 .0798 .0811 .0796 .0789 .0762 .0729
.5781 .0756 .0777 .0826 .0868 .0882 .0871 .0859 .0819 .0778
.6094 .0808 .0831 .0890 .0941 .0958 .0949 .0932 .0879 .0831
.6406 .0865 .0891 .0958 .1019 .1036 .1030 .1011 .0948 .0891
.6719 .0926 .0954 .1028 .1099 .1119 .1114 .1093 .1021 .0954
.7031 .0989 .1019 .1099 .1181 .1207 .1203 .1176 .1095 .1021
.7375 .1061 .1093 .1181 .1272 .1305 .1303 .1268 .1176 .1096
.7656 .1123 .1156 .1249 .1346 .1382 .1381 .1340 .1241 .1161
.7969 .1195 .1231 .1325 .1424 .1462 .1459 .1414 .1316 .1234
.8281 .1274 .1311 .1402 .1498 .1532 .1528 .1482 .1390 .1312
.8594 .1363 .1395 .1479 .1567 .1594 .1589 .1546 .1464 .1395
.8906 .1457 .1482 .1553 .1632 .1645 .1635 .1602 .1536 .1479
.9219 .1544 .1563 .1617 .1678 .1684 .1676 .1649 .1601 .1564
.9375 .1584 .1599 .1644 .1693 .1700 .1694 .1668 .1630 .1602
.9685 .1655 .1666 .1686 .1717 .1727 .1724 .1699 .1674 .1664
.9925 .1680 .1693 .1695 .1728 .1744 .1736 .1720 .1688 .1684
TABLE 4.- STATIC PRESSURE ORIFICE LOCATIONS
= 00 =450 ¢ = 900
x Mo = 8.5 Moo = 8.5 Mo = 8.5
M, = 6.0 During During Moo = 6.0 During During Moo = 6.0 During During
statics surveys statics surveys statics surveys
0.4375 J /
.5000 J V V/ V / V V
.5625 , V J
.6250 V V V J
.6565 V / J
a.6 8 8 0  / J J J / V V J
b.7185 J
.7315 V V
.7500 V J V V J V
.7893 J J J J J J J
.8125 V  V V/
.8440 V V V V V V
.8750 J J J
.9065 V J J
.9315 V
aOrifices also located in meridian planes of 2700 anid 3150 at Mach 6.0 and 2700 at Mach 8.5.
bOrifices also located in meridian planes of 00, 80, 120, and 160 at Mach 8.5.
x/1 -. 872
.719
S.672
.582 Cowl
C C .382
2700 90 -
7.50 120 
J o
End of
315' 450 7.50 cone
Side view
Radial plane, 0 00 0- 900
Cowl
Front view
Section A-A
Figure 1.- Schematic of NASA-NYU desin concet.
Section A-A Start of isentropic compression (wall-7.5 A B
(a) Inlet concept.
Figure 1.- Schematic of NASA-NYU design concept.
SInner body
Boundary layer passage
oN leading edge stock 
Fckuel injector
M 4. 09
M 3.68 M =3.1
M/M 
=.3.2
Cowl
(b) Fuel-injector concept; M, = 6.0.
Figure 1.- Concluded.
I _ _t -40. 64 cm
Boundary-layer I A
" . 62 cm-
b
2700 900
0
315 45 / .25
Radial plane, 0- 0 L A
Section A-A
(a) Model schematic.
-U
L-75-122
(b) Model photograph.
Figure 2.- Nonaxisymmetric inlet centerbody.
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.20
b 090
.15 0
a
r/t .10 = 
90
.05
0 
.2 
.4 
.6 .8 1.0
x/I
(a) Measured coordinates for major and minor axes.
16 - Design location I Cowl
for cowl leading edge (projected)
Fairings
12
, deg = 00Co
450
10 
900
\ Measured
8 O points
:6
0 .2 .4 .6 .8 1.0
x/I
(b) Surface angle in three radial planes.
Figure 3.- Physical parameters of fabricated model.
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Tip Detail
4. 61mm 13
.13mm
.20mm
Sharp leading
edge
See tip detail 100
l15mm
(a) Single probe; Mo = 6.0.
Probe Probe
Probe I.D., O.D., T
y',cm cm cm deg
i .010 see sketch see sketch 10
2 .254 .0254 .0508 5
3 .508 .0508 .1016 0
4 1.016
5 1.524
6 2.302
Note: 1) See table 1 for E values.
2) Each probe was connected in parallel
to a 0-1.31 x 105 N/m2 baratron and
a 0-3.45 x 10 s N/m 2 pressure transducer.
Tip detail
Probe #1r- . 13mm
.20mm C--
Sl.20Probe no. 6
1.20 5 Reference
5 Jplane4
2
~-1
(b) Multiple probe survey rake; M, = 8.5.
Figure 4.- Schematic of pitot-pressure survey rakes.
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25 a - 0o & 50 Flow
.25 direction
20.2 o
.20 Data, a 0° & 50
.15 Theory (ref. 7& ) 15.50
Sa 10
.1 . Intersection of bow shock and
initial isentropic compression wave
.05 - -- 3.9
0I start of compression
12.1 (experimental model)
.2 - 450
.a 25.00
.20 -
Theory Data
.15
S10 
o
.05 - 'Start of compression (experimental model)
S7.25 End of cone (experimental model)
.25 0 & 50
a0-0 00
.20 Data o -
Theory a - 00  100
.15 (ref. 7&8) ao .
.10 Trip location
x/ - . 188 Centerbody
.05
0- Start of compression
100 12. (experimental model)
0 .1 .2 3 .4 .5 .6 .7 .8 .9 
1.0
x/t
(a) M = 6.0; = 0o  (windward side).
Figure 5.- Typical experimental and theoretical shock correlations.
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b -900
(windward side)
. 25 -Flow direction
Theory (ref. 7 & 8) 10.10
,20 - a -00
.20o
15.3
.15 - Data a 00
.10 -
10.4I
.25 0 - 450
a -00
.20
.15
r/ 15 - Theory
.1 \f. 7& 8) ,
.05
End of cone
I (experimental model)
0 00
.25 (windward side)
.20 Data
.05Centerbody
0 .1 .2 .3 .4 .5 .6 .7 .8 .9 1.0
x/
(b) M = 8. 5.
Figure 5.05 Concluded.
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.004 .0008
p /P
.002 - .0004 - C1
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0
(a) Mo =6.0; a =00. (c) Mo = 8.5; a =00.
.008 .0016
Theory Data
(ref. 7 & 8) 0
.006- - 0 450 o0 .0012
- - 900 Theory not
Ps Pt, _ presented 0
.004 - gI _ .0008 - Ov
0, 0
.
002  
-- 
.0004 -
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0
x/l x/1
(b) Moo= 6.0; a = 50 . (d) M = 8.5; a = 50 .
Figure 6.- Static pressure distributions for three different radial planes; trips at x/1 = 0.188;
= 00 (windward side).
.004
. 900 0 -900
.003
Ps t, . .002 -
.001
0
.004 --
1) 450 ( P 450
.003 -f
Ps /pt,0  .002
.001
0
.007
(. 00 - 00
.006 /o
.005 /
Ref. 23 & 24
.003 t0 Ret. 7 & 8
.002 Data
.001
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0
x/I x/
a - 00 a - 50
(a) With trips at x/l = 0.188.
Figure 7.- Experimental static pressure distributions compared with two different
theoretical computation methods; Moo = 6.0; ¢ = 00 (windward side).
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.004
0 900 0 90000
* 003
.001
.004
0- 450 0 450
.003
Ps Pt, .002
.001
.006 0
() 0 () -0 0
.o005
.004
Ps Pt,m .003- Ref. 7&8
.002 Ref. 23 &24
Data
.001 -
0 .2 .4 .6 .8 1.0 0 .2 .4 .6 .8 1.0
x/l x/l
a -00 a - 5
0
(b) Without trips.
Figure 7.- Concluded.
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Trips at x/l - 0.188 No trips
.004
0 -- 900
a = 00
ps t, o .002-
a 50
0 I I I I I I I I I I I I I I
.004
a 450 4 =450
PS /pt,o .002
.008-
S.0 o 0 - 00
.006 a, deg
4
3
2
--PSPt, .004 Data fairings 0
.002
.2 .4 .6 .8 1.0 .2 .4 .6 .8 1.0
x/I x/.
(a) Mo = 6.0.
Figure 8.- Experimental static pressure distributions at various model angles of attack
with and without boundary-layer trips; P = 00 (windward side).
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Trips at x/ t- 0.188 No trips
.0008 - 90 - 900
p/Pt, .0004
aa 0 0
(4 450 0 - 450
p/pm D.0004
.0016 - a, deg
00 a.° e -00
5
4 a, deg
.0012 3 2
2
1
Ps/Pt, D .0008 Data fairings 0
.0004 -
.2 .4 .6 .8 1.0 .2 .4 .6 .8 1.0
x/t x/t
(b) M, = 8.5.
Figure 8.- Concluded.
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Data fairings
.006- Trips at x/ - 0. 188
a, deg - -- -- No trips
5
.004- .0010
2 a, deg
Ps/ Pt, 0 5
.002 P/Pt, m .0006 - - 2
x/t 10.80 x/1-0. 80
0 I .0002
.004 .0010
.004 a, deg
Pst, .002 0 Ps/Pt,m .0006 a 2
x/ -0.72 x/I-0.72
0 t .0002
.004 
__ 
.0010 a, deg
, deg deg
x/(a) M -6.0.69 (b) Mx/ =0.698.5.
stations; = (windward side).00
.004 a, dg .001042x/ -0.60
a, deg
P / Pt, m .002 P 
/ Pt, co .0006 5
x/I -0.60
0 I 1 .0002
004 - .0010
a, deg
5 a, deg
2 2
x/. - 0.50
I j I l J .0002 _0
0 45 90 0 45 90
0, deg 0, deg
(a) M,= 6.0. (b) MO = 8.5.
Figure 9.- Effect of angle of attack on lateral pressure gradients at various axial
stations; = 0o (windward side).
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.015
OO
o
b 0, deg
8, cmO
90
00
005 , degdeg
a -O, no trips 45
S10 -
6 cm 
-045
0
.15 - 7 Theory (ref. 25) 
o
O, deg "o
.3 0
45
90
6, cm .2 4, a, Trips @
S deg_ deg , deg
.1 0 0 0. 188 0
4545
.5 - 9090 5
,/ - 90 5
o '00 0 NoneI I , ,
0 .2 .4 .6 .8 0 .2 .4 .6 .8
x/l x/l1
(a) M = 6.0. (b) Moo = 8.5.
Figure 10.- Distribution of boundary-layer parameters; 0 = 00 (windward side).
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.015
.010
6, cm "
.005
.20
.15
6, cm .10
.05
0 I I
.4
Trips @
6,cm .2 X/1 X/ t ,deg
0 .719 .188 0
0 .789 +
1 .719 none
Qc .719 .188 5
S.789
0 45 90
4, deg
Figure 11.- Lateral distributions of experimental
boundary-layer parameters; Mo = 6.0; = 0 °
(windward side).
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Viscous Flow Comprison
1.0 /
.8 / T 0
.6, o ,
Theory Data 0
2 o (ref. 25) 0
.2 - o0 0o ,
S-450 I '.
000 90
Inviscid Flow Comparison
M 6  0 Free-stream M 0 Theory Data P
condition 6 (ref. 7 & 8)
4. 63 0 4. 24 00 0 0°
.8 o 4. 65 45 0 4.37 90 0 450
4. 43 90 - - - - 900
.6 - 0 0 M 0
o 6o
z 0 0 0 o 6. 01 0o
.4 \ .07 450
Son <)\
' o _ ~' .B u ,,
, 0c 0 i 4- o0 \ , 0 - 90 
-O-
_00 A0 1 4 I
0 .02 .04 .06 .08 .10 0 .02 .04 .06 .08 .10 0 .01 .02 .03 .04
Ppitot Pt, a P piot/ Pt, a Ppitot/ Pt, aO
(a) M, = 6.0; a = 00. (b) Moo = 6.0; a.= 50 ; (c) M, = 8.5; a =00.
= 00 (windward side).
Figure 12.- Local pitot pressure profiles at various radial planes; x/l = 0.719; trips at x/1 = 0. 188.
x/I
o 0.719
1.0 o 0.750
0 -900 0 - 900 o 0.789
a 0.931
.8 v 0.731
0 
- 0.720
.6 v o o - - - 0.753 Theory
------ 0.783 (ref. 7 & 8)
z 0.907
.4 - 0
M * 4.43 M -4. 37 0
x/I -0.719 -6 x/ -t0.719
S. o o 70 x/I-0.719 o 0 0
10 0 -450 0 -450
.8
.6-
z o
.4 - x/ M
0.719 4.65
0.750 4.63 6 @ /
.2 0. 789 4. 60
- 0. 750 &
0.719 0.789
1.0
.8 -
.6 x/ 1 M '" x/ M6
0.719 3 0.719 4.24
.4 0.750 4.56 '> 0.750 4.35 \ o
0. 789 4. 54 0. 789 4. 12
0.931 4.57 Co~ 0. 931 4. 16 o
.2 6 A\ \cD
0.719-a g - 0.931
S 0. 750 &Co
S0.789 ,
.02 .04 .06 .08 .10 0 .02 .04 .06 .08 .10 .12 .14
Ppitot/ Pt, c Ppitot Pt, C
(a) a = 00. (b) a = 50; q = 00 (windward side).
Figure 13.- Local pitot pressure profiles at various axial stations; Moo = 6.0;
trips at x/l = 0.188.
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1.0
a 1 00 a = 00
.8
0
.6 - a
Theory % Trips M
z a (ref. 7 & 8) 6
o Yes 6.01
Trips M 6  o No 5.92
o Yes 4.63 M
.2 0- No 4.78 m 6, trips
0 -Yes 6
0 I I I__ _ ___°__ _ _ _
1. 0
a =50 a 50
.8 0 Trips M6
o Yes 5. 35
.6 - 0 No 5.19
z E Note: No theory
.4 Trips M o i o
o Yes 4.24 00
.2 O- No 4.28 0
.0
0 6
O0 6 0 I
0 .02 .04 .06 .,08 .10 0 .01 .02 .03 .04
Ppitot / Pt, a Ppitot / Pt, ao
(a) Moo = 6.0. (b) M, = 8.5.
Figure 14.- Effect of boundary-layer trips on flow-field pitot pressures; P = 00;
x/l = 0.719; trips at x/l = 0.188; = 00 (windward side).
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M = 6.0 Mo= 8.5
1.0 0
Theory Data a Note: There is not any
(ref. 7 & 8) angle-of-attack
O 00 theory for M = 8.5.
.8 o 0 - O 50
.6 0 0 t M
z \00 6.01
\ 50 5.35
.4 \0
O \0
50 4.24 0
.2 -
0 0 O
0 .02 .04 .06 .08 .10 0 .01 .02 .03 
.04
Ppitot/t, Ppitot/Pt, o
(a) M,oo = 6.0 and 8.5; ¢ = 00 (windward side).
Figure 15.- Effect of angle of attack on flow-field pitot pressures; trips at x/1 = 0.188; x/1 = 0.719.
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Figure 15.- Concluded.
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(b) a = 50; # = 00 (windward side).
Figure 16.- Mach numbers in the vicinity of the inlet cowl leading edge; M. = 6.0.
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o 4 Cowl
=-3150 D -45
0=00
(a) Original design concept.
0=180 0 0o
C- -
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S- 900 C Cowl
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(b) Revised design concept.
Figure 17.- Schematics of engine-cowl-location concepts.
= 00 a = 50
= 90
. ., GCLtUwILITY OF THE
= 450 ORGINAL PAGE IS POOR
= 00
L-75-123
(a) Mach 6.0 with trips at x/ = 0.188; P = 00 (windward side).
Figure 18.- Schlieren photographs.
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a = 50
a= 00 ( =0 o windward side)
a o=0
isaipU1)Uist~ YOF THE
ORIGINAL PAGE IS POOR
a = 50
a = 0 ( = 900 windward side)
L-75-124
(b) Mach 8.5 with trips at x/l = 0.188.
Figure 18.- Continued.
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a = 00 a = 50
With trips at x/l = 0.188.
No trips
L-75-125
(c) Effect of trips; M, = 6.0; 0 = 0o (windward side).
Figure 18.- Continued.
54
With trips at x/1 = 0.188
No trips
L-75-126
(d) Effect of trips; M, = 8.5; 4 = 00 (windward side).
Figure 18.- Concluded.
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.656 .719 .812 .875 .931
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Trips 
45
= 0°
Static press.
orifices
(a) With boundary-layer trips.
b=45'
0 o/, 315°
L-75-127
(b) No boundary-layer trips.
Figure 19.- Photographic results of oil-streak tests; Mo = 6.0; a = 00.
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x/t .188 .437 .50 .563 .625 1.688.732 ..
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(a) With boundary-layer trips.
Is~ ~ 600 
sIxe)
Viewing direction
00 for both (a) & (b)
0
go
Static press.
orifices, = 900
L-75-128
(b) No boundary-layer trips.
Figure 20.- Photographic results of oil-streak tests; Moo = 6.0; a = 50;
= 1800 (windward side); (Body is symmetric, therefore the same as
# = 00 (windward side)).
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Figure 21.- Surface streamline patterns; planform view; M, = 6.0; a = 30; = 0o (windward side).
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